
Program ca_sc2body 
 

Closest Approach Between a Spacecraft and Celestial Body 
 
This document is the user’s manual for a computer program called ca_sc2body that can be used to 
estimate the time of closest approach between a continuous, low-thrust interplanetary spacecraft and 
a planet, comet or other celestial body.  This information can be used to create an initial guess for 
the ilt_socs computer program and other types of trajectory analyses. 
 
The software also includes the option to propagate a spacecraft’s trajectory for a user-specified time 
duration.  This allows the user to access the effects of such trajectory characteristics as launch date, 
launch C3 and so forth. 
 
The important numerical methods used in this computer program are as follows: 
 

• Equations of motion based on modified equinoctial orbital elements 

• JPL DE405 planetary ephemeris 

• Continuous, low-thrust tangential steering 

• Brent’s method for one-dimensional minimization 

• Runge-Kutta-Fehlberg 7(8) numerical integrator 

 
Running the computer program 
 
An input file created by the user can be run from the command line or a simple batch file with a 
statement similar to the following: 
 

ca_sc2body tempel1.in 
 
If the software is executed without an input file on the command line, the computer program will 
display the following information screen and file name prompt: 
 

         ************************************* 
         *        program ca_sc2body         * 
         *                                   * 
         *      closest approach between     * 
         *  a spacecraft and celestial body  * 
         *                                   * 
         *         February 27, 2005         * 
         ************************************* 
 
 
please input the name of the simulation definition file 

 
At this point the user should supply the name of a compatible input file.  The next section of this 
document describes the proper format for an input file for this computer program. 
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Typical input file 
 
The ca_sc2body software is “data-driven” by a user-created text file.  The following is a typical 
input file used by this computer program.  This example is an Earth-to-Mars trajectory with an 
initial launch  of 4.625 km3C 2/sec2. 
 
Each data item within an input file is preceded by one or more lines of annotation text. Do not 
delete any of these annotation lines or increase or decrease the number of lines reserved for each 
comment.  However, you may change them to reflect your own explanation.  The annotation line 
also includes the correct units and when appropriate, the valid range of the input.  ASCII text input 
is not case sensitive but must be spelled correctly. 
 
In the following discussion the actual input file contents are in courier font and all explanations 
are in times italic font. 
 
The first six lines of any input file are reserved for user comments.  These lines are ignored by the 
software.  However the input file must begin with six and only six initial text lines. 
 

****************************************** 
** interplanetary trajectory transfer time 
** patched-conic heliocentric motion 
** continuous, low-thrust maneuver 
** Earth-to-Mars - February 25, 2005 
****************************************** 
 

The first program input is an integer that specifies the type of simulation. 
 
si
2 
mulation type (1 = propagation, 2 = close approach) 

 

The next inputs are the initial launch energy, spacecraft mass, thrust magnitude and specific 
impulse. 

 
C3L = launch specific orbital energy ([km/sec]**2) 
4.625d0 
 
initial
1171.1 

 spacecraft mass (kilograms) 

 
thrust magnitude (newtons) 
0.16831 
 
specifi
3070.0 

c impulse (seconds) 

 
 
********************* 
* LAUNCH CONDITIONS * 
********************* 
 

The next three inputs define the launch calendar date.  Be sure to include all four digits of the 
calendar year. 

 
launch calendar date (month, day, year) 
7, 10, 2005 
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The next program input is an integer that specifies the launch planet. 
 
***************** 
* launch planet * 
***************** 
 1 = Mercury 
 2 = Venus 
 3 = Earth 
 4 = Mars 
 5 = Jupiter 
 6 = Saturn 
 7 = Uranus 
 8 = Neptune 
 9 = Pluto 
---------- 
3 
 
********************** 
* ARRIVAL CONDITIONS * 
********************** 
 

The next input is an integer that defines the arrival planet, comet or asteroid. 
 
************************** 
* arrival celestial body * 
************************** 
 1 = Mercury 
 2 = Venus 
 3 = Earth 
 4 = Mars 
 5 = Jupiter 
 6 = Saturn 
 7 = Uranus 
 8 = Neptune 
 9 = Pluto 
 0 = asteroid/comet 
------------------- 
4 
 

The next input is a number that represents either a guess for the transfer time to closest approach 
or the time duration for the orbit propagation option. 

 
transfer time guess or propagation duration (days) 
400.0d0 
 

This section contains inputs for a user-defined asteroid or comet.  This information includes such 
things as the calendar date of perihelion passage and the object’s heliocentric orbital elements.  
These orbital elements must be specified relative to the Earth mean ecliptic and equinox of J2000. 

 
*********************************** 
* asteroid/comet orbital elements * 
* (heliocentric, ecliptic J2000)  * 
*********************************** 
 
asteroid/
Tempel 1 

comet name 

 
calendar date of perihelion passage (month, day, year) 
7, 5.3153, 2005 
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perihelio
1.506167 

n distance (au) 

 
orbital eccentricity (nd) 
0.517491 
 
orbital 
10.5301 

inclination (degrees) 

 
argument of perihelion (degrees) 
178.8390 
 
longitud
68.9734 

e of the ascending node (degrees) 

 

The final input is the name of the data file that will contain the trajectory information. 
 
name of s
gul1.csv 

olution output file 

 
Program solution and graphics 
 
For close approach simulations, the software will provide a screen display of close approach 
conditions similar to the following: 
 

program ca_sc2body - version 1.0 
 
closest approach between a spacecraft and celestial body 
 
(continuous, low-thrust tangential steering) 
 
 
close approach conditions - DE405 ephemeris 
------------------------------------------- 
 
calendar date                       07/13/2005 
 
ephemeris time                      03:06:18 
 
Julian date                         2453564.629371291026473 
 
 
spacecraft-to-body distance (AU)     5.648256901570613E-002 
 
spacecraft-to-body distance (km)    8449672.055907091125846 
 
transfer time (days)                    224.129371291250095 

 
For simple orbit propagation simulations, the software does not produce any screen output. 
 
The ca_sc2body software will also create two comma-separated-variable (csv) output files.  The 
first file contains the heliocentric, ecliptic state vector of the spacecraft and the second file 
(planets.csv) contains the state vectors of both celestial bodies.  Please see Appendix A for 
additional information about the contents of these data files.  The following plot is a view of the 
trajectory and planetary orbits from the north pole of the ecliptic looking down on the ecliptic plane. 
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The following is the trajectory plot for the Tempel 1 example input file (tempel1.in) included 
with this computer program. 
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Technical Discussion 
 
An initial guess for the transfer time can be created by performing a one-dimensional minimization 
while numerically integrating the equations of motion with tangential thrusting.  This process 
determines future close approach conditions between the spacecraft in its coplanar transfer orbit 
and the destination celestial body.  This computational process is performed using Brent’s 
minimization algorithm with the following objective function 
 
 ( ) ( ) p scf t r t= ∆ = −r r  
 
where  is the heliocentric position vector of the arrival planet and pr scr  is the heliocentric position 
vector of the spacecraft at any simulation time t.  If the separation distance  is “close” enough 
(say 0.01 to perhaps 0.2 AU), the trajectory time provides a good initial guess.  This close approach 
algorithm also uses the launch date, thrust and spacecraft mass provided by the user. 

r∆

 
During the low-thrust interplanetary transfer to an outer planet, the algorithm assumes tangential 
thrusting such that the unit thrust vector in the modified equinoctial frame at all times is simply 

[ ]0 1 0 T
T =u .  Please note that this approach creates a coplanar solution.  This initial guess 
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algorithm uses the launch date, thrust and spacecraft mass provided by the user.  For orbital transfer 
to an inner planet, the unit thrust vector is [ ]0 1 0 T

T = −u . 
 
To model an impulsive delta-v at launch, the initial guess algorithm assumes that this maneuver is 
applied along the direction of the velocity vector of the departure planet.  For outer planet missions, 
this direction is along the direction of orbital motion.  For inner planet missions, this vector is 
aligned opposite to the direction of orbital motion. 
 
The unit thrust vector of this maneuver in the heliocentric inertial coordinate system is 
 

 p
T

p

=
r

u
r

 

 
where  is the heliocentric position vector of the launch planet at the launch calendar date. pr
 
Modified equinoctial orbital elements 
 
The modified equinoctial orbital elements are a set of orbital elements that are useful for trajectory 
analysis and optimization.  They are valid for circular, elliptic, and hyperbolic orbits.  These 
equations exhibit no singularity for zero eccentricity and orbital inclinations equal to 0 and 90 
degrees.  However, two components of the orbital element set are singular for an orbital inclination 
of 180 degrees. 
 
The relationship between direct modified equinoctial and classical orbital elements is defined by the 
following definitions 

 

( )
( )

( )

( )

( )

21

cos

sin

tan 2 cos

tan 2 sin

p a e

f e

g e

h i

k i

L

ω

ω

ω θ

= −

= + Ω

= + Ω

= Ω

= Ω

= Ω + +

 

 where 

 

 semiparameter
 semimajor axis
 orbital eccentricity
 orbital inclination
 argument of periapsis
 right ascension of the ascending node
 true anomaly
 true longitude

p
a
e
i

L

ω

θ

=
=
=
=
=

Ω =
=
=
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The relationship between classical and modified equinoctial orbital elements is summarized as 
follows: 
 

semimajor axis 

 2 21
pa

f g
=

− −
 

orbital eccentricity 
 2 2e f g= +  

orbital inclination 
 ( )1 2 22 tani h−= + k  

argument of periapsis 
 ( ) ( )1 1tan tang f k hω − −= −  

 
right ascension of the ascending node 
 

 ( )1tan k h−Ω =  

 
true anomaly 

 ( ) ( )1tanL L gθ ω −= − Ω + = − f  

 
The mathematical relationships between an inertial state vector and the corresponding modified 
equinoctial elements are summarized as follows: 
 

position vector 

 

( )

( )

( )

2
2

2
2

2

cos cos 2 sin

sin sin 2 cos

2 sin cos

r L L hk L
s
r L L hk L
s

r h L k L
s

α

α

⎡ ⎤+ +⎢ ⎥
⎢ ⎥
⎢ ⎥= − +
⎢ ⎥
⎢ ⎥
⎢ ⎥−
⎢ ⎥⎣ ⎦

r  

 
velocity vector 

 

 

( )

( )

( )

2 2
2

2 2
2

2

1 sin sin 2 cos 2

1 cos cos 2 sin 2

2 cos sin

L L hk L g f h k g
s p

L L hk L f gh k
s p

h L k L f h gk
s p

µ α α

µ α α

µ
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⎢ ⎥
⎢ ⎥
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⎢ ⎥⎣ ⎦
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where 

 

2 2 2

2 2 21

1 cos sin

h k

s h k

pr
w

w f L g

α = −

= + +

=

= + + L

 

 
The system of first-order modified equinoctial equations of orbital motion are given by 
 

 

( ) ( )

( ) ( )

2

2

2

2

sin 1 cos sin cos

cos 1 sin sin cos

cos
2

sin
2

1 sin cos

t

t n
r

t n
r

n

n

dp p pp
dt w

gdf pf L w L f h L k
dt w w

gdg pg L w L g h L k
dt w w

sdh ph L
dt w

sdk pk L
dt w

dL w pL p h L k
dt p w

µ

µ

µ

µ

µ

µ
µ

= = ∆

∆ ∆⎡ ⎤= = ∆ + + + − −⎡ ⎤⎣ ⎦⎢ ⎥⎣ ⎦
L

L∆ ∆⎡ ⎤= = −∆ + + + + −⎡ ⎤⎣ ⎦⎢ ⎥⎣ ⎦

∆
= =

∆
= =

⎛ ⎞
= = + −⎜ ⎟

⎝ ⎠
( ) nL ∆

 

 
where  are non-two-body perturbations in the radial, tangential and normal directions, 
respectively.  For an interplanetary spacecraft, the radial direction is along the heliocentric radius 
vector of the spacecraft measured positive in a direction away from the gravitational center, the 
tangential direction is perpendicular to this radius vector measured positive in the direction of 
orbital motion, and the normal direction is positive along the angular momentum vector of the 
spacecraft’s orbit. 

, ,r t∆ ∆ ∆n

 
The equations of orbital motion can also be expressed in vector form as follows: 
 

 ( )d
dt

= = +
yy A y P b  

page 9 



where 
 

 

( ) [ ]

( ) [ ]

[ ]

2

2
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2
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and 

 
2

0 0 0 0 0
T

wp
p

µ
⎡ ⎤⎛ ⎞

= ⎢ ⎥⎜ ⎟
⎝ ⎠⎢ ⎥⎣ ⎦

b  

 
The total non-two-body acceleration vector is given by 
 
 ˆ ˆ

r r t t n n
ˆ= ∆ + ∆ + ∆P i i i  

 
where  are unit vectors in the radial, tangential and normal directions.  These unit 
vectors can be computed from the inertial position vector r and velocity vector v according to 

ˆ ˆ ˆ,  and r t ni i i

 

 

( )

ˆ

ˆ

ˆ ˆ ˆ

r

n

t n r

=

×
=

×

× ×
= × =

×

ri
r

r vi
r v

r v r
i i i

r v r

 

 
For unperturbed two-body motion, 0=P  and the first five equations of motion are simply 

.  Therefore, for two-body motion these modified equinoctial orbital 
elements are constant.  The true longitude is often called the fast variable of this orbital element set. 

0p f g h k= = = = =
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The acceleration due to propulsive thrust can be expressed as 
 

 ˆT
T
m

=a u  

 
where T is the thrust, m is the spacecraft mass and [ ]ˆ      r t nu u u=u  is the unit pointing thrust vector 
expressed in the spacecraft-centered radial-tangential-normal coordinate system.  The components 
of the unit thrust vector can also be defined in terms of the in-plane pitch angle θ  and the out-of-
plane yaw angle ψ  as follows: 

 
sin
cos cos
cos sin

r

t

n

u
u
u

θ
θ ψ
θ ψ

=
=
=

 

 
Finally, the pitch and yaw angles can be determined from the components of the unit thrust vector 
according to 

 
( )

( )

1

1

sin

tan ,

r

n t

u

u u

θ

ψ

−

−

=

=
 

 
The pitch angle is positive above the “local horizontal” and the yaw angle is positive in the direction 
of the angular momentum vector. 
 
Planetary ephemeris 
 
The software models the planetary coordinates using the DE405 model from JPL  The planetary 
ephemerides used in this software provide position and velocity vectors of a planet relative to the 
Earth mean ecliptic and equinox of J2000. 
 
Comet and asteroid ephemeris 
 
The orbital elements of an asteroid or comet relative to the ecliptic and equinox of J2000 coordinate 
system must be provided by the user.  These elements can be obtained from the ASTCOM database 
at JPL (http://ssd.jpl.nasa.gov), the MPC database at Harvard (http://cfa-www.harvard.edu) or the 
Bureau of Longitudes in Paris (http://www.bdl.fr). 
 
These orbital elements consist of the following items: 
 

• calendar date of perihelion passage 
• perihelion distance (AU) 
• orbital eccentricity (non-dimensional) 
• orbital inclination (degrees) 
• argument of perihelion (degrees) 
• longitude of ascending node (degrees) 
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The software determines the mean anomaly of the asteroid or comet at any simulation time using 
the following equation: 
 

 ( )3 3
s s

pp ppM t JD J
a a
µ µ

= = − D  

 
where sµ  is the gravitational constant of the sun, a is the semimajor axis of the celestial body, and 

 is the time since perihelion passage. ppt
 
The semimajor axis is determined from the perihelion distance  and orbital eccentricity e 
according to 

pr

 
( )1

pra
e

=
−

 

 
Kepler’s equation 
 
This solution of Kepler’s equation in this computer program is based on a numerical solution 
devised by Professor J.M.A. Danby at North Carolina State University.  Additional information 
about this algorithm can be found in “The Solution of Kepler’s Equation”, Celestial Mechanics, 31 
(1983) 95-107, 317-328 and 40 (1987) 303-312. 
 
The initial guess for Danby's method is 
 
 ( )0 0.85sign sinE M M= + e  
 
The fundamental equation we want to solve is 
 
 ( ) sin 0f E E e E M= − − =  
 
which has the first three derivatives given by 
 

 
( )
( )
( )

1 cos

sin

cos

f E e

f E e E

f E e E

′ = −

′′ =

′′′ =

E

 

 
The iteration for an updated eccentric anomaly based on a current value  is given by the next four 
equations: 

nE
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( )

( )

( )
2

1

1
2

1 1
2 6

n

n

n n

n n n

fE
f

fE
f f

fE
f f f

E E

∗

∗

+

∆ = −
′

∆ = −
′ ′′+ ∆

∆ = −
′ ′′ ′′′+ ∆ + ∆

= + ∆

 

 
This algorithm provides quartic convergence of Kepler's equation.  This process is repeated until the 
following convergence test involving the fundamental equation is satisfied: 
 
 ( )f E ε≤  
 
where ε  is the convergence tolerance.  This tolerance is hardwired in the software to ε  =1.0e-10.  
Finally, the true anomaly can be calculated with the following two equations 
 

 
2sin 1 sin

cos cos

e E

E e

θ

θ

= −

= −
 

 
and the four quadrant inverse tangent given by 
 
 ( )1tan sin ,cosθ θ θ−=  
 
If the orbit is hyperbolic, the initial guess is 
 

 0
2log 1.8MH

e
⎛ ⎞= +⎜ ⎟
⎝ ⎠

 

 
where 0H  is the hyperbolic anomaly.  The fundamental equation and first three derivatives for this 
case are as follows: 
 

 

( )

( )

( )

( )

sinh

cosh 1

sinh

cosh

f H e H H M

f H e H

f H e H

f H e H

= − −

′ = −

′′ =

′′′ =
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Otherwise, the iteration loop which calculates , ∗∆ ∆ , and so forth is the same.  The true anomaly for 
hyperbolic orbits is determined with this next set of equations: 
 

 
2sin 1sinh

cos cosh

e H

e H

θ

θ

= −

= −
 

 
The true anomaly is then determined from a four quadrant inverse tangent evaluation of these two 
equations. 
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Appendix A 
 

Contents of the CSV Files 
 
This appendix is a brief summary of the information contained in the CSV data files produced by 
the ca_sc2body software.  All output is computed and displayed in the heliocentric, Earth mean 
ecliptic and equinox of J2000 coordinate system. 
 
The user-specified comma-separated-variable disk file contains the following information: 
 

time (days) = simulation time since launch in days 
 
rsc-x (au) = x-component of spacecraft’s heliocentric position vector in astronomical 

units 
 
rsc-y (au) = y-component of spacecraft’s heliocentric position vector in astronomical 

units 
 
rsc-z (au) = z-component of spacecraft’s heliocentric position vector in astronomical 

units 
 
rs2b (au) = distance from the spacecraft to the celestial body in astronomical units 
 

 
The planets.csv data file contains the following information: 
 

time (days) = simulation time since launch in days 
 
rp1-x (au) = x-component of the launch planet position vector in astronomical units 
rp1-y (au) = y-component of the launch planet position vector in astronomical units 
rp1-z (au) = z-component of the launch planet position vector in astronomical units 
 
rp2-x (au) = x-component of the destination body position vector in astronomical 

units 
rp2-y (au) = y-component of the destination body position vector in astronomical 

units 
rp2-z (au) = z-component of the destination body position vector in astronomical 

units 
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